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ABSTRACT
We present a proposal for a space-based array, composed of six 6U CubeSats, designed to localize the radio
emission associated with coronal mass ejections (CMEs) from the Sun. Radio emission from CMEs is a direct tracer
of the particle acceleration in the inner heliosphere and potential magnetic connections from the lower solar corona
to the larger heliosphere. Furthermore, CME radio emission is quite strong such that only a relatively small number
of antennas is required. This type of Heliophysics mission would be inherently cost prohibitive in a traditional
spacecraft paradigm. However, the use of CubeSats, accompanied by the miniaturization of subsystem components,
enables the development of this concept at lower cost than ever before.
We discuss the most recent updates on this mission concept, starting from the science and driving technical
requirements. We then focus on the SunRISE concept of operations. The mission would consist of six 6U CubeSats
flying in a passive formation in a geostationary graveyard orbit, thus allowing them to form an interferometer while
minimizing the impact on operations complexity. We also provide an overview of the ground and flight system
design. Finally, we discuss the future trades that would be required if this mission were to be further studied.\
© 2017. All rights reserved.
INTRODUCTION

diving into the mission design and concept of
operations. We then present details of the ground
system, payload, and spacecraft bus subsystems before
providing details of future trades that would be required
if this mission concept were to be further developed.

Despite its importance in understanding our Sun and
predicting the dangers of potential solar storms, the
processes by which Solar Energetic Particles (SEPs) are
accelerated in Coronal Mass Ejections (CMEs) and
travel through our solar system are poorly understood.
In this paper, we present the Sun Radio Interferometer
Space Experiment (SunRISE) mission concept – a lowcost mission fitting well within the NASA Heliophysics
Small Explorer (SMEX) cost cap. SunRISE would be a
space-based interferometer composed of a passive
formation of six 6U CubeSats in an orbit just above the
geostationary orbit (GEO), called a GEO graveyard
orbit, which would operate for 6 months. The spacecraft
would detest Type II and III radio bursts, associated
with SEP accelerations in CMEs and being released
into space by solar flares. We first present a high-level
overview of the science goals of the mission before
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SCIENCE OVERVIEW
The
Heliophysics
community
has
identified
understanding particle acceleration as one of its most
pressing goals for the 2013-2022 period [1]. It is known
that particle acceleration that are associated with the Sun
are associated with SEPs and Galactic Cosmic Rays
(GCRs), which also are a serious threat to space assets
and astronauts. Particle acceleration is also found in the
termination shock and in magnetic reconnection during
solar storms. Nonetheless, very little is known about both
the source of SEPs during CMEs and their acceleration
pattern. For example, SEPs will be observed at broad
1
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longitudes and will even be visible from Earth when
storms occur on the far side of the Sun. The goal of this
mission concept would therefore be to understand these
sources and acceleration patterns by observing both Type
II radio bursts, which are associated with CMEs, and
Type III bursts, which are formed by electrons escaping
actives regions along magnetic field lines. These radio
bursts span the 0.1 to 30Mhz frequency range, which
covers what is commonly referred to as Low (LF),
Medium (MF), and High Frequency (HF) - for simplicity,
we will refer to this frequency range as HF for the
remainder of this paper.

CONCEPT OF OPERATIONS
Type 2 and Type 3 radio bursts, which, as described in
the last section, are the waves we seek to detect in order
to achieve our science goals, span the 0.1 to 30Mhz
range. Therefore, traditionally, an antenna with a 1012km diameter would be required to these waves,
which is clearly impractical. Furthermore, the radio
waves cannot be detected from the ground or below the
ionosphere due to interference from Earth-based radio
sources. Consequently, a space-based antenna located
above the ionosphere is required to meet the science
requirements.

Proposed Mission Objectives
In order to provide the scientific community with an
understanding of these phenomena, we defined two
main objectives for this mission concept.
The first objective is to understand where SEPs come
from when a CME occurs, what the physics behind the
accelerations are, and eventually to be able to predict
the severity of SEP accelerations given a particular
CME. This last goal is particularly important for early
response for both astronauts and satellites to prevent
damage when CMEs occur. There are a number of
hypotheses on the source of the SEPs. The leading
theory is that the acceleration may be due to coronal
shocks or compressions driven by CMEs. However,
other hypotheses suggest that they may be driven by
magnetic reconnection behind the expanding CME, or
by stochastic acceleration mechanisms operating
throughout the corona. We would obtain the answer to
this hypothesis by measuring the location and
distribution of Type II radio emission relative to
expanding CMEs 2–20 Rs from the Sun where the most
intense acceleration occurs. The observation of only
one Type II radio burst is sufficient to answer this
question (thus forming the threshold mission, which has
a 99% chance of occurring within 3 months); although
observing two bursts coming from different directions
would be ideal (and therefore form the baseline
mission, which has a 99% probability of occurring
within 6 months).

Figure 1: An interferometer can be used to digitally
form a larger antenna
Nonetheless, a space-based interferometer can be used
to create a synthetic antenna that meets these science
requirements, as long as the antennae baselines (i.e. the
separations between each pair of antennae) cover a
12km circle in the plane perpendicular to the Sun-Probe
line and the relative position of the spacecraft can be
reconstructed on the ground to within 3m (the latter is
needed to unambiguously reconstruct the signal given
other errors in the system). The number of spacecraft
required is determined by the number of independent
measurements needed to resolve the spread of the
emission. An N-element array has N*(N-1)/2 unique
combinations of antennas; this number must be greater
than the number of free parameters in the model. In order
to determine the centroid of the emission, we fit a fourparameter model (amplitude, two angles, angular size),
and four spacecraft are needed. In order to fit an elliptical
model, we fit a six-parameter model (amplitude, two
angles, major axis, minor axis spread, position angle) and
five spacecraft are needed. For this mission concept,
however, we settled on a design with six spacecraft, in
order to provide additional redundancy in case of
component failure. Given that the spacecraft would be
single-string, the sixth spacecraft addition would make the
system single-fault tolerant, which could be key in
ensuring that the baseline mission is achieved.

Secondly, the mission concept would aim at
understanding what is responsible for the wide
longitudinal extent of some flare and CME SEPs. The
hypothesis is that a broad magnetic connection between
active regions and interplanetary space causes this
phenomenon. This would be tested by imaging field
lines traced by Type III bursts from 2–20 Rs. Type III
radio bursts are much more common than Type II
bursts and therefore their frequency of occurrence does
not drive the mission lifetime.
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Trajectory Design
In this mission concept, the spacecraft would be
delivered directly to their target orbit as a secondary
payload rideshare. However, in order to spread the
baselines across the plane perpendicular to the sun line
and create a mixed variety of distances and orientations
throughout the orbit while keeping the same orbit
period to avoid the spacecraft drifting away from each
other, we must use dynamical systems theory.

Figure 2: 4-antenna example; the six baseline pairs
between antennas are represented by each of the
colored lines
The last science-driven technical requirement for the
concept of operations is the mission lifetime. We chose
a six-month baseline mission lifetime for this mission
because it provides a >99% probability of obtaining at
least one of each orientation of Type 2 associated CME;
with an average or 8-16 Type 2 bursts expected to be
seen during that period. This leads to a 15krad (RDF =
2) radiation tolerance requirement.
A GEO graveyard orbit, which is an orbit that lies
either slightly above or below the 24-hr period GEO,
was chosen as the target orbit for this concept because it
lies well above the ionosphere and yet is also readily
accessible via a rideshare while having a relatively
benign radiation environment. For this study, we used a
25-hr circular, equatorial orbit as our baseline orbit.
SunRISE’s orbit entails a twice-per-year, 7-week
eclipse season, with maximum shadow duration of 75
minutes. For a 6-month mission, eclipses account for
<1% of the total mission duration. We designed the
mission such that the payload can operate during
eclipse with the spacecraft batteries remaining above
62% State of Charge (SOC).

Figure 3: Disturbance of an orbit about the nominal
orbit using dynamical systems theory [2]
In the generic Figure 3 above, the black line could
represent our target orbit. We can then linearize the
equations of motion around this nominal orbit:

The linearized motion of the spacecraft over the full
period can therefore be used to create a state transition
matrix that defines motion relative to the baseline
periodic orbit (the black line). The key is that we then
excited the fundamental motions while preserving
energy, and thus orbit period. We do this by linearly
scaling the eigenvectors of the state transition matrix,
thus affecting both the in-plane components of the
matrix and the out-of-plane (phase) component. We can
therefore create a set of orbits that are widely spread in
the plane perpendicular to the sunline but that do not
drift apart from each other, as shown in Figure 4. Given
the limited disturbances in GEO graveyard, in fact, the
only maneuvers required to maintain this passive
formation would be statistical in nature. Further detail
of the trajectory design and formation approach can be
obtained in Stuart et al. [3]

The remainder of this section describes the concept of
operations of the mission given these driving
constraints. First, the individual trajectory formation
which spreads the spacecraft within a 12km diameter
annulus is described, followed by an explanation of
how the relative and absolute position of the spacecraft
is obtained. Finally, the spacecraft activities, which
repeat on a 2-week period, as well as the associated
mission system activities are detailed.
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Figure 5: Artist’s rendition of the concept of
operations, which repeats every 2 weeks.
Figure 4: Snapshot of the spacecraft-to-spacecraft
separation during a typical orbit. Each point
represents a baseline separation in the plane
perpendicular to the sun line.

One key to reducing operations cost is the use of a DSN
Multi-Spacecraft Per Aperture (MSPA) scheme. Using
this, up to four spacecraft could downlink to the same
antenna at the same time. The additional two spacecraft
would downlink to an open-loop recorder at the same
station, and the data would be recovered at a later time.
Since the spacecraft have the same uplink frequency
and fall within one antenna beam, a single antenna
could also command all spacecraft. SunRISE would use
an approach where each spacecraft recognizes which
command is intended for it onboard by incorporating
the spacecraft ID in the header file. Although all
spacecraft downlink to the ground once a week, 2-week
sequences would be planned so that parameters on the
spacecraft downlinking to the open-loop recorder do
not have to be updated in the blind.

Since these orbits are inherently stable, the only
deterministic maneuvers required during the mission
occur shortly after deployment. Each spacecraft would
be deployed by the primary mission carrier
orthogonally to the velocity vector at even increments
of 60 degrees. We would then use a set of three
maneuvers, each occurring during the first week, to
place the spacecraft into their respective orbits. The
maximum DV-99, based on conservative assumptions
for deployment parameters, was found to be 7.5 m/s,
providing 33% margin against the 10 m/s deployment
budget. A period of 4 weeks is then used to checkout
the spacecraft and calibrate the instruments before
beginning the science operations.

Other than observing the Sun and slewing for
downlinks once a week, the only other activities the
spacecraft perform is orbit maintenance/ collision
avoidance and momentum management. In this GEO
graveyard orbit, there are no atmospheric disturbances
and the Earth J2 impact is minimal. Furthermore, solar
pressure affects all spacecraft, which are identical, the
same way, and therefore does not have significant
impact on the formation. The main disturbance to the
trajectory is in fact self-induced: it origins from the
thrusting required to desaturate the reaction wheels,
which occurs twice per week. In order to alleviate the
impacts of these desaturations, we would pre-plan these
maneuvers (rather than wait for the wheels to saturate)
and slew the spacecraft such that there would be no
induced DV in the direction of the velocity vector.
Taking these disturbances into account, we ran a
Monte-Carlo analysis which showed that, even in the
worst case which is shown in Figure 6, the spacecraft
would not impact each other in a two-week period. By
uploading new parameters for the direction of the
desaturation burns, the spacecraft orbits can then be
adjusted to avoid collision.

Spacecraft Activities
Once the spacecraft enter the science phase, they follow
simple operations that repeat on a two-week basis. Each
spacecraft continuously points at the Sun and “listens”
to radio emissions at all times. The clocks on the
spacecraft are synchronized using Global Navigation
Satellite System (GNSS) signals, as explained in the
next section, which allows the frequency band to be
sub-sampled using an FX correlator. Consequently,
only 3.4GB of data per spacecraft being generated
every week, including engineering data. This data is
downlinked to the Deep Space Network (DSN) once a
week for 5 hours via X-band, which can achieve a rate
of up to 2Mbps, thus downlinking up to 4.5 GB in a
single pass. At the same time, the spacecraft are
commanded using an S-Band link. Each spacecraft has
a different downlink frequency, but a different uplink
frequency.
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In order to achieve the two requirements in an elegant
and cost-effective manner, we make use of the GNSS
signal at GEO (specifically the Global Positioning
System (GPS) and Global Navigation Satellite System
(GLONASS)). As is illustrated in Figure 7, because
GNSS is intended for ground and LEO-based
applications, the majority of the main beam from a
given satellite is obstructed by the Earth’s shadow at
the SunRISE orbit. However, part of the main beam,
and the side lobes, are still detectable using the Cion
receiver which is part of the payload each spacecraft
carries.
An analysis was performed, using the power levels
from these signals and the performance of the Cion
receiver. It showed that, at any given time in the orbit,
the worst-case separation knowledge between each of
the spacecraft was better than 2m, therefore meeting the
science requirement. Additionally, acquiring the GPS
signal using a receiver within the science instrument
means that the instrument’s clock can be continuously
updated using the very accurate GPS signal without
needing to carry an atomic clock on board the SunRISE
spacecraft. Additional details of the analysis can be
found in Stuart et al. [3]

Figure 6: Worst-case sample of spacecraft-tospacecraft absolute separation over a two-week
period.
Position Determination
In order to be able to reconstruct the radio wave fronts,
we must be able to reconstruct the spacecraft-tospacecraft separation to within 3m. Furthermore, as we
alluded to in the last section, accurate timing is required
on all spacecraft in order for us to use an FX-correlator
within the spacecraft payload, to reduce the data
volume by sub-sampling the frequency band for small
time intervals. This method is described further in the
payload section.

Mission System Activities
Once the mission enters the science phase, SunRISE
would be a passive formation where each spacecraft
would only need to receive commands once every two
weeks. The spacecraft are identical other than their
downlink
frequency
and
operate
completely
independently (they do not communicate with each
other). Moreover, there is no latency requirement on the
science data and all data processing is done on the
ground. This greatly reduces the complexity of
operations. The baseline approach would be to load a
sequence on board of each spacecraft that is valid for 2
weeks. Every 2 weeks, key parameters within the
sequence (e.g.: direction of desaturation, timing of
downlinks, Chebyshev polynomials) would be updated
by the mission system team. We expect that each
person could operate more than one spacecraft; the
operations team would therefore comprise of
approximately 5 Full-Time Equivalents (FTEs), in
addition to the science team that would process the
science data. It is to be noted that, even though only
five spacecraft are required to meet the science
requirement, we would operate all six spacecraft in the
same way. However, because of the redundant
measurement of the sixth spacecraft and the fact that
much more radio bursts are expected than are needed to
meet the science requirement, there is currently no
requirement on time to fault recovery. The mission
concept is therefore very robust.

User satellites
in a GEO
graveyard orbit

Main beam

GNSS
satellites in
MEO

Side lobe

Figure 7: SunRISE would use the GNSS signal from
its GEO graveyard orbit
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GROUND DATA SYSTEM

enable the measurements to be taken. Each spacecraft
would carry an identical payload, consisting of a receiver
to detect the solar radio bursts and a GNSS receiver. We
would post-process the GNSS data on the ground to
establish spacecraft position and back-derive the time at
which measurements were taken, thus enabling signal
correlation. The payload therefore would consist of: an
HF signal chain, a GNSS signal chain, and an FX
correlator to form the visibility data [4, 5], allowing
significant portions of the processing to occur on the
ground.

The SunRISE ground data infrastructure would be split
across JPL, the University of Michigan, and the DSN
complex, as shown in Figure 8.

GNSS Signal Chain
Figure 8: Proposed SunRISE Ground Data
Structure

In this mission concept, the payload includes a GNSS
receiver which, as explained earlier, is required both
relation positioning and accurate timing for the FXstyle correlator. We would use the commercially
available Cion receiver, and NASA-sponsored TriG
receivers [6], to form this receiver. We would then
implement a Fast Fourier Transform (FFT) to determine
the carrier phase and pseudorange to visible GNSS
satellites, thus forming models for code and carrier
correlators. The resulting filtered, open-loop data would
consist of time-tagged outputs, with complex sums
produced at 2 frequencies for each visible GNSS satellite.
As explained earlier, we would then use this data on the
ground to post-process the relative and absolute position
of the spacecraft.

Under this scheme, the data from the spacecraft would
be downlinked to a single 34m DSN dish (the location
would vary week by week since a 25-hr orbit drifts by
one hour a day from an Earth-surface fixed frame). This
data would then be transferred from the DSN facility to
the Mission Operations Center (MOC) at the Jet
Propulsion Laboratory (JPL). Level-0 engineering data
would be transferred in real-time, whereas Level-1
science data could be transferred with a delay of up to
24-hrs, depending on other DSN constraints. We would
analyze engineering data and create uplink files within
the MOC at JPL. However, science data would be
passed directly through the University of Michigan for
analysis within their Science Operations Center (SOC).
The only data fed back to JPL would be potential
frequency band selection adjustments for the
instruments, which would be passed to the spacecraft as
parameters within the uplink file.

HF Signal Chain
The radio bursts would be detected using a pair of
crossed, electrically short dipoles, forming an HF
antenna. Each of the four members of the antenna
would be made from 3m long carpenter’s tape, spring
loaded in a tip-roll device and held together with
Vectran. We would release the antenna doors using a
burnwire to severe the Vectran cable. This antenna is
being used for a Department of Defense (DoD) mission
named DARPA High Frequency Research (DHFR) and
is pictured in a deployment test in Figure 9.

The SunRISE mission would use a multi-mission
approach to mission operations. The JPL Multi-Mission
Ground System and Services Office (MGSS) provides
tools and services from the Advanced Multi-Mission
Operations
System
(AMMOS)
to
minimize
development time and operational risk to SunRISE.
These provide capabilities for planning, sequencing,
navigation, and mission design, as well as commanding
the s/c and downlinking s/c data. A test bed would be
built using flight spares for all components, except for
the propulsion system and the instrument where EM
boards would be used (same functionality, without parts
screening). This testbed would be used to test
sequences during operations. Operations Readiness
Tests (ORTs) would be performed using this testbed to
train engineers to operate the spacecraft.

Figure 9: Deployment test of the DHFR Antenna

PROPOSED PAYLOAD

A digital board consisting of two analog-to-digital
converters (ADCs) would then be used to receive and
digitize signals. We would implement this in the spare
slice of the Cion receiver used for receiving the GNSS

While the formation of the six spacecraft form the
interferometer, and hence the “instrument” for the
mission, each spacecraft would carry a payload to
Alibay
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Figure 10: SunRISE Block Diagram
signal. This is a simple engineering change to an existing
commercial product. The next step would to digitize the
signals, which we would do using a polyphaser filterbank.
This is a standard approach for producing frequency subbands [7].

SPACECRAFT BUS
The SunRISE interferometer would be a passive
formation of six identical 6U CubeSats (10x23x36 cm
volume). A block diagram of the spacecraft is offered in
Figure 10 and a CAD rendering is presented in Figure
11. The key margins are presented in Table 1. In the
remainder of this section, we offer a rapid highlight of
the different components of the spacecraft.

Correlator
Each spacecraft would have an onboard FX-style
correlator, where the Fourier Transform part of the
correlator would be performed by the aforementioned
filterbank. The cross-multiplication component would
then occur on the ground. This implementation is
enabled by the fact that we have accurate timing of the
radio signals from the GNSS clock signal. This
approach would significantly reduce the data volume
downlinked, thus reducing antenna time and operations
costs.

Table 1: Key Mission Margins
MEV Req.

CBE

Margin

Pointing Control

Resource

1∘, 3𝛔

0.21∘, 3𝛔

0.79∘

Pointing Knowledge

1∘, 3𝛔

0.5∘, 3𝛔

0.5∘
0.35°/s

Slew

0.15°/s

>0.5°/s

Jitter

5∘ over 10
sec
1∘ over 30
sec

0.003∘ over
10 sec
0.021∘ over
infinite time

7.5 m/s

10 m/s

33%

Drift

Once on the ground, we would use a two-step
procedure to localize CME radio emission. First, we
would Fourier invert the visibility data to form an
image. Then, we would determine the location of the
radio emission by fitting a Gaussian model using the
location of the peak in the image as an initial estimate
for the fit.
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Delta-V

0.979∘

390 g

600 g

54%

6100 cm3

10100 cm3

66%

CSD Maximum Load

800 lbf

461 lbf

74%

Launch Mass

92.5 kg

120 kg

30%

Onboard Data
Storage

7.2 GB

48 GB

567%

Weekly Data
Downlink

3.6 GB

4.5 GB

32%

Propellant
Spacecraft volume
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Attitude
(ADCS)

Determination

and

Control

Subsystem

We selected the BCT XACT-50 package as our primary
attitude control system. The XACT includes a star
tracker, sun sensor, an Inertial Measurement Unit
(IMU), and three reaction wheels as control actuators.
We also use the four canted thrusters on the VACCO
MiPS for additional control, thus obtaining a system
that provides 3-axis, closed loop control.
The reaction wheels are capable of storing 50mNms
momentum and providing 0.007Nm of torque. The
MiPS thrusters are activated twice a week for preplanned reaction wheel desaturations. The star tracker is
the primary attitude sensor and has a proven accuracy
of <0.021° (3σ), with no post-ground processing
requirement and a 10 by 12° FOV. In case of a fault,
the ADCS is programmed with an autonomous safe
mode that uses the sensor to hold a sun-pointing
attitude. The sun sensor is accurate to 3° (3σ) and has a
117° FOV.

Figure 11: CAD rendering of SunRISE spacecraft
(artist’s concept)
Launch Canister
We chose to use the Planetary Systems Corporation
(PSC) Canisterized Satellite Dispenser (CSD) as our
baseline canister for the mission concept. The CSD
would deploy each spacecraft using a spring-loaded
pusher plate that actuates only when the door is open.
The door initiator is a space-qualified DC brush motor.
Closing the door automatically preloads the tabs on the
SunRISE spacecraft chassis, which constrain the
spacecraft and enable load path prediction. The CSD
interfaces to the host satellite on the face opposite to the
door, through 8 Moog ShockWave Isolators that
attenuate the spacecraft response to launch loads.

Baseline Power System
SunRISE spacecraft would each carry the MMA HaWK
arrays to provide 30W EOL power for the system, thus
offering 40% margin over the 18W weekly average
power requirement. In order to deal with launch
conditions, peak power draws, and the short eclipses
that occur during eclipse seasons, we also carry three
Yardney NCP12-2 batteries providing 12.8Ah, or
144Wh total EOL power storage.

Structure

Thermal

The structure for the concept was designed to fit within
the PSC CSD canister. The nominal thickness of the
chassis would be 150 mils of Aluminum in order to
meet radiation tolerance. We thinned out the structure
to save mass in areas where less shielding was needed,
and added spot shielding to protect sensitive
instruments. The chassis is designed to accommodate a
p/l volume of at least 10x20x5 cm, with considerable
volume margin

Because the sum of the internal and external loads in
steady-state modes (communication and science) are
almost constant, the spacecraft were designed for
passive thermal control. Internal component
temperature margins, relative to acceptance test
temperatures, would be maintained throughout the
lifetime by balancing internal heat generation with solar
heating and external radiation through application of
both high and low emissivity surface treatments on each
of the non-sun facing sides of the spacecraft. We
included spare heaters in the design to provide
additional heat, should the dissipation from the
spacecraft internal components be lower than expected.

Propulsion
For propulsion, we chose to use the VACCO Micro
Propulsion System (MiPS) with 600g of R-236fa cold
gas propellant at < 100 psi. The design has 8 individual
25mN thrusters all with 40s Isp: 4 axial thrusters for
velocity changes, and 4 thrusters canted 30° from the
thrust axis for RCS capability. A thruster calibration
would be required during the checkout period to
achieve thrust errors < 1mm/s during burns, which is
required to reduce noise induced into the system.

Alibay

Command and Data Handling (C&DH)
We used the Space Dynamics Laboratory (SDL) Pearl
platform as the basis for the spacecraft bus design. The
C&DH therefore would include the SDL Single Board
Computer (SBC) and Interface Expansion Card (IXC).
They are based on the PCI/104 form factor and
connector, with slightly longer boards to accommodate
larger, radiation tolerant parts. Available interfaces
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include UARTs, Spacewire, SPI, and GPIO, and five
temperature sensor input, multiple voltage and current
monitors, and deployment switch outputs.

Table 2: Potential Phase A Trades and Studies
Name

Communications
The SunRISE communication system downlinks in Xband and receives uplinks in S-band. Since a
transponder was not required for this mission, we opted
to use the Syrlinks EWC27 X-band transmitter and
Syrlinks OPT27-SRX S-band receiver, packaged as a
single radio transceiver. The X-band transmitter
operates in a real-time architecture and Consultative
Committee for Space Data Systems (CCSDS)
compatible. Link margin analysis showed that
minimum of 8.4 dB link margin can be achieved at all
times, with a 10-5 BER. An SDL S-band patch antenna
and a JPL X-band patch antenna would be coboresighted for simplicity of operations during
downlink/ uplink sessions.

Scope

Rationale

Payload
EM

Build a
payload EM
and test the
end-to-end
signal chain

The payload is the only
component that has yet to be
tested as a full assembly including
receiving both HF and GNSS
signal simultaneously. This risk
reduction activity would benefit
SunRISE and other future
concepts.

Radio

Investigate
different radio
options

Syrlinks is a good radio option but
with the rapid development of the
CubeSat market, there may be
other options available.

Deployment

Assess
different
options for
deployment
operations

Assess the effect of missing or
delaying a maneuver during the
first week of operation. Use this
analysis to allocate some of the
delta-V margin to reduce
deployment risk.

CONCLUSION

Flight Software

In this paper, we presented a low-cost and simple
approach to deploy a space-based interferometer in a
GEO graveyard orbit to detect Type II and Type III
radio bursts which are associated with the acceleration
of SEPs during CMEs. This mission concept would
address a key gap in heliophysics knowledge and would
also enable future advance warning systems for solar
weather.

Keeping with the SDL Pearl heritage, SunRISE would
use the SDL PearlSoft flight software solution for small
satellites, which executes on a LEON III fault tolerant
processor. The flight software would be stored in tripleredundant nonvolatile memory to ensure proper flight
software loads upon system boot. PearlSoft is written
primarily in standards-compliant C++ and C. Fault
detection is handled by monitoring operational limits of
hardware components. When a fault is detected, the
spacecraft would safe mode and ground crews would
intervene to enable recovery.

While 2D interferometers have existed for quite some
time on the ground, space-based 3D interferometers
have thus far been cost prohibitive. The concept we
presented is enabled by key technologies, such as the
availability of GPS at GEO. Furthermore, the loose
pointing requirements mean that a straight-forward
passive formation could be designed to meet the science
goals. If a mission such as SunRISE were to fly, it
would represent a major stepping stone towards more
complex space-based interferometers with tighter
pointing and science requirements.

UPCOMING WORK
If SunRISE were selected for further study, there are a
number of trades that we would like to study as part of
the Phase A Concept Development, as well as riskreduction testing. These are presented in Table 2, and
include: developing a payload Engineering Model (EM)
to reduce risks associated with the payload signal chain,
investigating different radio options based on recent
developments in the availability of commercial CubeSat
radios, and further detailing the deployment concept of
operations, including a thorough understanding of the
effects of missing a trajectory correction maneuver and
the Delta-V cost of recovery.
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